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This paper aims to provide a detailed analysis of the preliminary Attitude Determination and Control
System (ADCS) design of DLR’s (German Aerospace Center) demonstrator mission GoSolAr (Gossamer
Solar Array). The goal of this mission is to demonstrate the two-dimensional deployment of a 25m2 flexible
solar array in orbit. Understanding of the satellite configurations and control phases is critical for the design
of the ADCS. The main structural configurations are stowed and deployed, in which the satellite consists
of a central part to which the solar array is attached via four composite booms. The control phases are
detumbling, deployment and acquiring and maintaining an orientation w.r.t. the Sun.
This study focuses in developing a control approach for the attitude of the satellite able to deal with the
difficulties inherent to the GoSolAr satellite.These difficulties can be divided in two groups, related with
the particularities of the deployed structure and to the limitations of the attitude actuators selected. In
relation with the structure, the most concerning issues are related with the considerably high area-to-mass
and moment of inertia-to-mass ratios, which increase the effect of external disturbances and reduce that of
the control actuators. This initial design contains only magnetorquers, generating a locally underactuated
system.
The analyses focuses in the pointing phase, which aims to reach and maintain a relative orientation of the
main axis of inertia w.r.t. the Sun, while generating a spin around this axis to stabilize the satellite. In
relation to this phase, two control approaches are explained, implemented and evaluated. The first one is
based on using a linearization of the plant combined with an LQR (linear-quadratic regulator) approach. The
second control approach is known as the Udwadia-Kalaba approach, and is based in the parallelism between
constrained and controlled systems. This approach leads to a non-linear controller which can include complex
guidance instructions.
The performance of these controllers is evaluated for the nominal case, confirming that they are able to fulfill
the requirements. The difference in performance between LQR and Udwadia-Kalaba control approaches
is explained, focusing on convergence time and long term error. Finally, some limitations in relation to
the ADCS design are pointed out, related to control actuation limitations and to assumptions made when
deriving the controllers. In relation to the control actuation, the use of magnetorquers imposes a limitation in
altitude and in orbital inclination. The potential consequences of neglecting the flexibility are also addressed
qualitatively.
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Nomenclature & Abbreviations

Abbreviations

ADCS Attitude Determination and Control Subsys-
tem

ACS Attitude Control Subsystem

DLR German Aerospace Center

FDIR Failure Detection, Isolation and Recovery

GoSolAr Gossamer Solar Array

LEO Low Earth Orbit
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LQR Linear-Quadratic Regulator

UK Udwadia-Kalaba

Nomenclature

b Magnetic field

I Moment of inertia

L Angular momentum

m Magnetic dipole

q Quaternion

r Position

w Sun vector

T Torque

ω Angular rate

1. Introduction

This paper introduces the initial design of the
ADCS (Attitude Determination and Control Subsys-
tem) for the DLR’s (German Aerospace Center) mis-
sion GoSolAr (Gossamer Solar Array). This mission
aims to deploy a structure consisting in a flexible so-
lar array in LEO (Low Earth Orbit) as illustrated
in figure 1. This study focuses in particular on the

Fig. 1: Artist’s impression of the GoSolAr satellite.

design of the ACS (Attitude Control Subsystem), de-
veloping and analyzing the performances of several
attitude controllers [9].

The remainder of this section introduces the ben-
efits of using this kind of structures in space as well
as the main challenges that it introduces in relation
to attitude control and explains the structure of the
rest of the paper.

1.1 Deployable structures

The potential of deployable light-weighted struc-
tures in space is driven by two main factors:

1. miniaturization of satellites and their compo-
nents and

2. technological advances in key related areas, e.g.
ultralight composite booms [19].

These structures have two main advantages w.r.t.
conventional compact satellites:

• High area-to-mass ratio. The deployed structure
does not need to sustain the launch phase and
therefore the structural components can be con-
siderably reduced. This leads to a decrease in the
area-to-mass ratio of 1 to 2 orders of magnitude.
It is a considerable advantage in the sense that
it decreases the launching cost for applications
that require large areas (e.g. communication an-
tennas and solar sailing).

• Low launching volume. As the structure is
launched stowed, the volume it occupies is con-
siderably lower than that of the final deployed
satellite. This is also a benefit regarding launch-
ing costs.

There are many potential areas in space for deploy-
able structures, such as solar and drag sailing. Solar
sailing consist of using a big reflective area to trans-
fer the momentum of solar radiation to a satellite.
An example of a demonstrator mission that includes
flexible phtovoltaic as well as components required
for solar sailing is JAXA’s mission IKAROS [15]. A
drag sail consists of a deployable membrane that in-
creases the drag area of a satellite in order to dissipate
orbit energy when interacting with the residual atmo-
sphere in a low orbit. It is considered a solution for
the emerging problem of LEO orbits saturation [5].

Even though the charateristics of the structure of
the GoSolAr satellite is relatively similar to the struc-
tures used in those two areas, the objective is consid-
erably different. The aim is not to change the mo-
mentum of a satellite but rather to allow having a
bigger solar array with a lower weight, increasing the
power available per kg allocated to this subsystem.

IAC–19–B4.6A.4 Page 2 of 14



70th International Astronautical Congress, Washington D.C., United States, 21-25 October 2019. Copyright c© 2019 by
German Aerospace Center (DLR). Published by the International Astronautical Federation with permission and released to

the IAF to publish in all forms.

NASA’s mission ROSA [2] is in line with this objec-
tive.

These structures have some particularities that are
considerably challenging for the ADCS. Most of these
challenges are caused by the increase in area-to-mass
ratio. The increase in this ratio increases also the
moment of inertia-to-mass ratio. Increasing moment
of inertia and area makes the spacecraft more sus-
ceptible to external disturbances. The effect of solar
radiation and drag is linked to the area and the ef-
fect of the gravity gradient to the moment of inertia.
Further more, depending on the relative location of
the center of mass and the center of pressure, high
disturbance torques can appear. Conventional ac-
tuators, such as thrusters and reaction wheels, are
usually confined in the volume of the stowed struc-
ture. This draws a limit in their size and in the arm
w.r.t. the center of mass, limiting considerably their
actuation capability. Additionally, the increase in the
moment of inertia increases the angular inertia, re-
quiring higher actuation torques to achieve the same
effect.

There are some solutions targeting these problems,
mainly based on controlling the shift between the
center of pressure and the center of mass, using ei-
ther additional moving surfaces or additional moving
masses, see e.g. [6]. However, these actuators are still
in an early stage of their technological development.
Therefore, in the GoSolAr mission the aim is to con-
trol the attitude of the satellite limiting ourselves to
conventional actuators.

1.2 Sectional organization of the paper

The paper is organized as follows. It starts giving
a brief explanation of the GoSolAr mission in section
2. This explanation includes the main objectives of
this mission, some comments of the technological de-
velopments it contributes to and an analysis of the
requirements related to the ADCS. In section 3 the
simulation environment that is used to test the per-
formance of each controller is explained. Section 4
dives into the two phases of the mission we are devel-
oping attitude controllers for: detumbling and con-
trolled attitude. For each of the phases a control
approach (or multiple ones for the case of the con-
trolled attitude phase) is briefly introduced from a
theoretical perspective and applied over the GoSolAr
mission. In section 5 each controller is studied for the
nominal case and some limitations are pointed out.
The main conclusions and some ideas for future work
are included in section 6. The appendix includes rel-
evant data regarding the GoSolAr satellite.

2. GoSolAr demonstrator mission

GoSolAr is a DLR’s demonstrator mission that fo-
cuses in the gossamer deployment of thin film pho-
tovoltaic arrays [8]. Two objectives are derived from
this goal:

1. Development of a deployment technology for a
25 m2 solar array.

2. Development of a flexible photovoltaic mem-
brane.

The satellite consists of a central rigid body to
which four composite booms are attached. The solar
array is fixed to the central body and to the tip of
each boom, as can be observed in figure 2. GoSo-
lAr inherits knowledge and technology from previ-
ous DLR’s projects which used similar deployable
structures, including GOSSAMER-1 [12] and ADEO
[13]. It is designed as a payload for a technology
demonstration in a low Earth orbit. In the mis-
sion two different configurations and one intermedi-
ate configuration is present. This is shown in Figure
2. At first the satellite is in the stowed configura-
tion for launch. This compact configuration is about
500 mm × 500mm × 500mm big and has a weight of
about 50 kg. The deployment is then carried out in
two steps, one for each dimension of the membrane.

Two different types of photovoltaic shall be
demonstrated and it is required to size the array so
that each type can generate a power 140 W in or-
der to properly demonstrate the capability to power
a small satellite bus. Due to limitations in resources
and available infrastructure the maximum size is lim-
ited 5 mx5 m. Currently products of two manufac-
tures for Copper Indium Gallium Selenide (CIGS)
photovoltaic technologies, as shown in Figure 3, are
under investigation. More information regarding the
satellite can be found in [14].

In the following subsections a small overview on
the GoSolAr mission and a possible attitude deter-
mination and control subsystem is given. This is fol-
lowed by an explanation on the main ADCS require-
ment and a detailed description of the components of
this subsystem.

2.1 Mission overview

As a technology demonstrator GoSolAr will prob-
ably fly with a small satellite bus piggy-back to a
Low Earth Orbit. A lot of missions are launched to
a Sun Synchronous Orbit with an orbit inclination
of about 97◦ and in altitudes between 550 km and
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Fig. 2: GoSolAr configurations.

Fig. 3: Flexible CIGS modules; Left: Flisom; Right:
Ascent Solar.

720 km.Therefore the current design takes these or-
bit range into account.

The mission is designed to be carried out in eight
phases as shown in Figure 4.

Fig. 4: GoSolAr mission phases.

The mission phases are briefly described in the
next sections, already taking some of the later pre-
sented analysis results into account.

2.1.1Launch and Separation

During launch and separation from the launcher
the spacecraft is in stowed configuration as shown
in Figure 2 (a). At separation the spacecraft is acti-
vated. After the bus system is operational, the GoSo-
lAr payload will be activated by the bus system by
ground command. This phase shall be less than 90
days in order to avoid long-term storage effects.

2.1.2Early Operation Phase

During this phase the initial boot process of the
spacecraft and the GoSolAr payload takes place. The
spacecraft remains in stowed configuration. The pay-
load board computer (PBC) is booted. This is done
in a stepwise incremental procedure to allow close
spacecraft control and FDIR in case of non-nominal
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behaviour. Sensor data will be read out including
first camera pictures. Status information and test
images will be downlinked. This phase is expected
to be covered with one or two ground-contacts. The
number of required ground contacts depends on the
amount of data that is to be downlinked. The phase
requires about one day.

2.1.3Detumbling and first Sun Pointing

After separation from the upper stage, the satellite
is tumbling. From other missions, it is estimated that
the tumbling rate is about 12 deg/s about a random
axes (several Montecarlo runs were per-formed). Af-
ter the detumbling the satellite is set into spin about
the deployment plane normal. After this spin stabi-
lization, the satellite is pointed sunwards.

2.1.4Deployment of 1st Dimension

The deployment of the first dimension will take
about 30 to 46 minutes depending on the chosen drive
system. The deployment will last longer than one
ground contact. Regarding operations it has to be as-
sumed that the system will have to be controlled and
operated with one ground station only (Weilheim)
and that real time monitoring with several ground
station will not be funded.

In a first step the Hold Down and Release Mech-
anisms (HDRM), which keep the system in a me-
chanically stable launch configuration, needs to be
released. Afterwards a system check out will be per-
formed and sensor data will be downlinked.

Then, if no failure occurs, the motor for the first
direction of the deployment is turned on but without
rotating. After another system check out the deploy-
ment is started via time tagged command to ensure
that deployment starts in sunlight and early enough
before the next downlink such that nominal deploy-
ment of the first dimension will be done just a few
minutes before the actual ground contact.

In case of non-nominal behaviour, the system au-
tonomously stops the deployment (emergency stop)
and transits into a safe mode. Such emergency stop
data packages plus corresponding historical data is
subsequently downlinked with first priority at the
next ground contact. In nominal case, the deploy-
ment will stop at the nominal deployment’s end po-
sition.

The phase ends with complete system check out
and downlink of sensor data including pictures from
the deployment process.

2.1.5Deployment of 2nd Dimension

The deployment of the second dimension will also
take 30 to 46 minutes depending on the chosen drive
system. Again it will not be possible to have a real
time monitoring of the deployment process.

The motor for the deployment of the second di-
mension is turned on but without rotating. After
another system check out is made the deployment
can be started. The deployment is started via time
tagged command to ensure that also the deployment
of this dimension starts in sunlight and sufficiently
well before the next downlink such that nominal de-
ployment of the first dimension will be done a few
minutes before the actual ground contact.

In case of non-nominal behaviour, the system au-
tonomously stops the deployment (emergency stop)
and transits into a safe mode. Emergency stop data
packages plus corresponding historical data is sub-
sequently downlinked with first priority at the next
ground contact. In nominal case, the deployment will
stop at the nominal deployment’s end position.

The phase ends with complete system check out
and downlink of sensor data including pictures from
the deployment process.

2.1.6Re-Pointing

After deployment, due to disturbances in orbit and
slight asymmetries of the system, it is likely that
a shorter period of a few orbits is required to re-
point GoSolAr again to the sun. Ideally, the angular
momentum would be maintained, leading to the de-
ployed configuration already spinning and pointing
towards the sun without further actuations. How-
ever, non-symmetrical configurations might appear
throughout the deployment, leading, by interaction
with external disturbances, to changes in the point-
ing axis and the angular rate. Therefore, it will be
necessary to stabilize the deployed spacecraft again,
correct spin axis and spin rate again and to re-point
the space craft towards the Sun again.

2.1.7Photovoltaic Characterization During
Sun-Pointing Phase

The attainable pointing accuracy depends mainly
on two external factors:

• density of the atmosphere and

• magnetic field evolution throughout the orbit.

The density of the atmosphere becomes a prob-
lem for attitude control when it is more than 1.5 ·
10−12 kg/m3, corresponding to different altitudes de-
pending on the solar activity. It also depends also
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on the ballistic coefficient of the object. Above this
value the pointing requirement is not achievable with
the currently foreseen attitude control system. This
ultimately limits the possible duration of this phase.

Regarding time scales, it is of importance that
characterization of a single Generator is done in a
few seconds while the characterization of the com-
plete solar array can take a few minutes. So in both
cases the related time scale is short in comparison to
the time scales of any pointing activity, e.g. slewing.

Independently of the pointing accuracy, the accu-
racy of knowledge of actual (even transient) pointing
is usually much better. For a simple attitude determi-
nation and control system, as discussed in the present
context, the accuracy of knowledge of attitude would
be in the order of 0.5◦.

Bringing these three aspects (slow slew rate com-
pared to characterization measurement, and knowl-
edge of pointing always much better than 10◦) to-
gether, it is possible to perform characterization of
photovoltaic throughout any attitude control ma-
noeuvres.

2.1.8Drag Orientation Phase and Rapid Deorbiting

During the last days of the mission, well below
the altitude linked to the previously mentioned crit-
ical density limit, the orientation of the sail will be
determined by drag, as the attitude control system
at such altitudes will not be able to counteract the
drag disturbance. Still this time could be used for
some additional measurement with the photovoltaic
in very low orbits.

2.2 Attitude determination and control subsystem

The main ADCS requirement of the mission is
driven by the need of characterizing the behaviour
of the solar array, thus controlling its orientation to-
wards the sun. This requirement consists of reaching
and maintaining a relative orientation w.r.t. the sun
with an accuracy of 10 deg. Other requirements that
are related to the ADCS are:

• To ensure safe deployment of the solar array.

• Deorbiting time. Due to the membrane-like
structure, the orientation of the satellite w.r.t.
the atmosphere has an extremely high influence
in the drag and, thus, in the deorbiting time.
The minimum deorbiting time is defined as 6
months and the maximum as 25 years.

From an ADCS perspective the mission can be di-
vided in the following phases:

• Launch. This phase is considered out of the
scope of this paper. It ends with known (to a
certain accuracy) position and velocity and un-
known attitude and angular rate. The angular
rate at this point is assumed to be limited to 12
deg/s.

• Detumbling. In this phase the angular rate of
the satellite is reduced.

• Deployment. The deployment is conducted in
two steps, one per dimension. This phase is con-
sidered out of the scope of this paper, due to the
highly non-linear character of its dynamics.

• Controlled attitude. This phase consists in ac-
quiring a desired orientation w.r.t. the sun.

The hardware components of the ADCS subsystem
can be classified in sensors and actuators. The sen-
sors give measurements that enable to estimate the
attitude and angular rate of the satellite. To estimate
the attitude three sets of sensors are used: coarse sun
sensors, providing a complete field of view, fine sun
sensors, covering the area of interest (i.e. the orien-
tation of the solar array) and magnetometers. These
sensors allow to estimate the sun vector and the mag-
netic field, both in a reference frame fixed to the satel-
lite. The GPS measurements allow to compute these
vectors in an inertial reference frame. Combining the
information in both reference frames (e.g. using a
TRIAD algorithm [3]) leads to an estimation of the
attitude of the satellite. The angular rate is mea-
sured using gyroscopes, which give a direct measure-
ment over it. The estimation of the angular rate is
also used to propagate the attitude of the satellite in
the absence of a measurement of the sun vector, i.e.
during eclipses. The only actuators used are magne-
torquers. The decision of using only this actuator is
based on its price, weight and simplicity.

3. Simulation environment

In order to analyze the behavior of the satellite
throughout the different phases studied, it is neces-
sary to build a simulation environment. This section
gives an explanation of the assumptions made when
building this simulation environment.

Regarding the hardware of the ADCS, the sensors
are assumed to be ideal. Therefore there are no noises
or biases and no estimator is built. The magnetor-
quers are modeled having a time constant, modeling
the dynamic behavior of the generated dipole, and
a duty cycle, which consists of switching on and off
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the actuator to be able to measure the surrounding
magnetic field.

The satellite is modeled as a rigid body and the
simulation is run with 6 degrees of freedom (position
and attitude). However, as the focus of the paper is
the ADCS, only the equations of motion related to
the angular motion are shown here. These equations
will be later used to derived the attitude controllers.
More detailed derivations of the equations shown be-
low can be found in [18].

Assuming a constant moment of inertia, the dy-
namics of the spacecraft can be derived from the an-
gular momentum (L) as

L =Iω

dL

dt
= T − ω × L = I

dω

dt

ω̇ = I−1(T − ω × (Iω))

[1]

where ω is the angular rate, I the moment of inertia
and T the external torque.

The kinematics of the satellite are modeled using
Euler symmetric parameters, which express the at-
titude using a quaternion. This quaternion contains
information regarding the Euler axis ([e1, e2, e3]) and
angle (φ) (see equation 2).

q1,2,3 = e1,2,3sin
φ

2
; q4 = cos

φ

2
; [2]

This formulation leads to expression 3 for the kine-
matics of the system, where q is the quaternion and
ω̃ is the extended angular rate. To convert ω into
ω̃ a forth component equal to zero is added. Addi-
tionally, a constraint ensuring the that the norm of
the quaternion remains unitary was added. More in-
formation about quaternion algebra (e.g. quaternion
product) can be found in [11].

q̇ =
1

2
qω̃ [3]

The decision of leaving the flexibility of the struc-
ture out of the analysis is driven by the complex-
ity of modeling the behavior of the resulting flexible
body. However, initial analyses showed that the nat-
ural frequencies of the structure do not overlap with
the frequencies of the external disturbances or with
the actuators frequencies. Therefore, if the control
frequency is defined such as that it does not inter-
act with the structure frequencies, it can be avoided
to excite these frequencies. Further analyses will be
conducted in this area.

In relation to the external forces and torques ac-
counted for, the following sources are considered:

gravity field, magnetic field, atmosphere and radia-
tion pressure. The torque generated due to the grav-
ity is shown in expression 4, where I is the moment
of inertia, µ Earth’s gravitational constant, r the po-
sition vector and ru the unitary position vector.

Tg = 3
µ

|r|3
(ru × (Iru)) [4]

The torque due to the external magnetic field is
shown in expression 5, where m is the satellite mag-
netic dipole and b the intensity of the magnetic field.

Tm = m× b; [5]

The solar pressure is computed as shown in equation
6.

fr = ir((1−Csr)~s+ 2(Csrcosθ+
1

3
Cdr)~n)Acosθ; [6]

In this expression ~s is the sun vector, ~n the normal
of the surface, θ the angle between both vectors, Csr

the spectral reflectivity coefficient, Cdr the diffusive
reflectivity coefficient and A the area. The solar ir-
radiance ir is assumed constant with a value of 1358
W/m2, neglecting variations related to the time of
the year and the solar cycle. The resulting torque
and force are computed assuming a rigid body and
neglecting the influence of projected shadows between
the different components of the structure.

The drag is computed using equation 7.

fd = −1

2
CDρv

2Acosθ
~v

v
; [7]

In this equation CD is the drag coefficient, ρ the at-
mospheric density, v the velocity relative to the at-
mosphere, A the area and θ the angle between the
normal of the area and the velocity vector. The ve-
locity w.r.t. the atmosphere is assumed equal to the
orbital velocity. The atmospheric density is com-
puted only once at the beginning of the simulation
(initial altitude) based on the Harris-Priester model
[10]. Therefore daily, yearly and solar cycle-related
variations are neglected. The value assumed for the
F10.7 cm flux level is 111 W/m2/Hz. The resulting
torque and force are computed using a rigid structure.

4. Control approach

In this study attitude controllers for two mission
phases (detumbling and controlled attitude) are de-
veloped. The detumbling phase aims to damp the
satellite’s angular rate. In the controlled attitude
phase the objective is to point the solar array towards
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the sun. In order to obtain a more stable configura-
tion the satellite spins around the axis normal to the
plane of the solar array and this axis is pointed along
the sun vector.

This section introduces the approach followed for
the detumbling phase and two alternative approaches
for the controlled attitude phase.

4.1 Detumbling

The controller used for this phase is known as the
b-dot controller [1]. This controller only needs an es-
timation of the magnetic field, provided by the mag-
netometers, and actuates using the magnetorquers.
It aims to generate a magnetic dipole that opposes
to the variation of the magnetic field in the reference
frame fixed to the satellite. The variation of the mag-
netic field in inertial reference frame is assumed negli-
gible for the time range the attitude controller works
on. Therefore, minimizing the time derivative of the
magnetic field in the satellite-fixed reference frame
is equivalent to minimizing the angular rate between
that reference frame and the inertial reference frame.

The final algorithm expresses the magnetic dipole
(m) to be generated as a function of the variation of

the direction of the magnetic field ~̇bu and a constant
kω (see equation 8).

m = −kω ~̇bu [8]

4.2 Controlled attitude

This phase is more challenging from an attitude
control perspective. Therefore, two controllers have
been developed. The first one is a linear-quadratic
regulator (LQR), based on optimal control. The sec-
ond one is a non linear approach based on the work of
Udwadia and Kalaba [17]. Both approaches are first
briefly introduced from a theoretical perspective and
then applied to the particular case of study.

4.2.1Orientation w.r.t. the sun - LQR approach

A detailed explanation of the theoretical basis of
this control approach can be found in [7]. A brief
introduction to its main characteristics is shown here.
The derivation of the LQR controller is done in two
steps: 1) linearize the equations of motion and 2)
minimize the cost function.

The linearization leads to a linear system as the
one shown in equation 9, where x denotes the state
vector, u the control command and A and B are con-
stant matrices defined for a particular linearization
point. In this particular case the equations of motion
linearized assume a rigid body and are those shown

in section 3. It is important to take into account that
the dynamics of the actuators are not considered in
the linearization.

ẋ = Ax+Bu; [9]

Once the linear system is defined, a cost function
J is defined based on weighting matrices linked to
the state vector (x) and to the control command (u).
These matrices (Q,R and N) are related to the rela-
tive importance of errors in each variable and combi-
nation of variables. The controller (K) is then derived
as a constant control gain which minimizes the cost
function J. This optimization problem is solved with
the help of the MATLAB’s function lqr, which solves
it by solving a Ricatti equation. The selection of Q,
R and N was done in an iterative way, by studying
the performance of the controller (K) resulting from
different values of these matrices.

J =

∫ ∞
0

(xTQx+ uTRu+ 2xTNu)dt

[u = Kx]min(J)

[10]

The error targeted with the controller is based on
direct subtraction in the case of the angular rate and
in the method explained in [4] for the pointing er-
ror. This method expresses the difference between
two axis that are to be aligned (according to guid-
ance instructions). The equations resulting from its
application are shown in expression 11, where v1 and
v2 are the axes to be aligned, e the error variable
and [z×] the matrix equivalent to the cross product
of vector z.

z =
v1 × v2
|v1 × v2|

; θ = arccos(v1 · v2)

E =I + sinθ[z×] + (1− cosθ)[z×]2

e =[E23 − E32;E31 − E13]

[11]

The state variable used is

x = [e1; e2;ω1;ω2;ω3]; [12]

and it is linearized around the point

x0 = [0; 0; 0; 0;ω3]; [13]

For the linearization the time derivative of the er-
ror variables ei is assumed to be equal to ωi. The
moment of inertia is assumed diagonal. This leads to
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the following expressions for matrices A and B

A =


0 0 1 0 0
0 0 0 1 0
0 0 0 I3ω3/I1 0
0 0 −I3ω3/I2 0 0
0 0 0 0 0

 ;

B =


0 0 0
0 0 0

1/I1 0 0
0 1/I2 0
0 0 1/I3

 ;

[14]

The matrices chosen to define the cost function are
composed of unitary matrices multiplied by 0.05 for
e, 10E4 for ω and 10E5 for the commanded torque.
These quantities are related both to the order of mag-
nitude and limitations of each variable and to the
control strategy. Variable e is of order 1 and ω of
order 1E-2. The limitation in the dipole generated is
10A/m2. The control strategy is based in imposing
more strict conditions for the angular rate, making
sure that satellite is stably spinning. In order to fol-
low this strategy, the weight related with errors in
ω is considerably increased. As a result the cost of
the commanded torque needs to be increased to avoid
continuously saturating the actuators.

4.2.2Orientation w.r.t. the sun - U-K approach

A theoretical explanation on this control approach
can be found in [17]. It is based on the parallelism
between a constraint mechanical system and a con-
trolled mechanical system and makes use of the nowa-
days called Udwadia-Kalaba equation, which was
proposed in the 1990’s [16].

Initially we have an uncontrolled system of the
form shown in equation 15, where q̈ is the general-
ized acceleration, M is the mass matrix, a the double
time derivative of the state vector q and Q the sum
of all internal and external forces.

Mq̈ = Q→ q̈ = M−1Q = a [15]

A generic equation of motion, including the control
force (Qc) is shown in 16.

Mq̈ = Q+Qc [16]

A formulation of Qc addressing a variety of con-
straints (or guidance instructions) is given in [17] by

Qc = −Ke = M1/2
[
AM−1/2

]+
(Aa− b) [17]

In this equation variables A and b contain the
constraints that we want to implement. These con-
straints can be holonomic (eq. 18) or nonholonomic
(eq. 19).

φi(q, t) = 0 [18]

ψi(q, q̇, t) = 0 [19]

Once the guidance instructions have been ex-
pressed as one of these two types, differentiating once
or twice w.r.t. to time leads to the following expres-
sion

A(q, q̇, t)q̈ = b(q, q̇, t) [20]

from which A and b in equation [17] can be ob-
tained. In order to deal with the variable being ini-
tially outside of the manifold described by the con-
straints, the intermediate terms of the time deriva-
tions are kept, generalizing the constraints to

φ̈+ Σφ̇+ Γφ = 0 [21]

ψ̇ + Λψ = 0 [22]

which ensures that over time the trajectory can con-
verge but does not require that it matches exactly
right from the beginning. The variables Σ,Γ and Λ
are constant tuning parameters, which describe the
desired convergence rates.

The control force shown in 17 minimized the cost
function J shown in expression 23. However, this cost
function can be generalized to that shown in expres-
sion 24, where N can be defined by the user.

J(t) = Qc(q, q̇, t)
T M−1(q, t) Qc(q, q̇, t) [23]

J(t) = [Qc(q, q̇, t)]
TN(q, t)[Qc(q, q̇, t)] [24]

This change in the cost function is reflected in the
expression of the control actuation as

Qc = −N− 1
2

[
AM−1N−

1
2

]+
(Aa− b) [25]

After briefly going through the formulation for this
control approach, this formulation is applied to the
case of study. As in the previous controller, we are
using the equations of motion of a rigid body. There-
fore, expression 15 can be written as

Iα =
∑

T [26]

where I is the moment of inertia, α the angular
acceleration and T the different torques.

As previously mentioned, there are two main guid-
ance instructions: 1) to spin the satellite in its main
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axis of inertia and 2) align that axis with the sun
vector. The first constraint can be expressed as a
nonholonomic constraint as shown in 27, where ω de-
notes the angular rate and G denotes guidance.

ω = ωG [27]

The second constraint assumes that the first one is al-
ready fulfilled and is expressed as shown in 28, where
s is the sun vector.

ω × s = 0 [28]

The derivation w.r.t. time leads to an expression in
line with the formulation of the controller. For the
first constraint this expression is shown in equation
30, where c1 > 0 is a control parameter linked to the
convergence and stability of the controller.

α+ c1(ω − ωG) = 0 [29]

When deriving the second constraint it is important
to notice that there are two solutions to expression
28: both vectors can be aligned or pointing to oppo-
site directions. In order to ensure that the controller
converges to the desired point (aligned), an additional
factor is added, as shown in equation 30, where c2 > 0
is a control parameter linked to the convergence and
stability of the controller.

α× s+ (−1)pc2(w × s) = 0

w · s < 0→ p = 1; w · s ≥ 0→ p = 2
[30]

After these mathematical operations over the con-
straints, A and b in expression 17 can be computed.
Regarding the cost function, the decision was made to
stick to N = M−1. After some tuning, the constant
c1 is defined as 0.1 and c2 as 0.01.

5. Performance and limitations of the ADCS

The performance of the controllers is studied us-
ing the simulation environment explained in section
3. The nominal case for each phase is defined and
each controller tested over a number of cases. Then
some limitations of the controllers are pointed out
and explained.

5.1 Nominal case

The nominal case is defined as a circular orbit of
600 km altitude, with an inclination of 97 deg and
argument of perigee, right ascension of the ascending
node, mean anomaly and true anomaly equal to zero.
The initial date is the 1 of September of 2007.

For the detumbling phase two initial conditions are
considered:

Fig. 5: Performance of b-dot controller for 10 cases.
Stowed configuration.

Fig. 6: Performance of b-dot controller for 10 cases.
Deployed configuration.

1. Stowed satellite. Angular rate of 12 deg/s (after
launch situation). Unknown attitude and angu-
lar rate direction.

2. Deployed satellite. Angular rate of 1 deg/s (po-
tential angular rates acquired during deployment
or due to other causes). Unknown attitude and
angular rate direction.

For both initial conditions the objective of the con-
troller is to reach an angular velocity equal to 0. Each
initial condition is run 10 times, using uniform ran-
dom distributions to compute the unknown values.
The results are shown in figure 5 for case 1, and in
figure 6 for case 2. These figures show the temporal
evolution of the angular rate in both configurations.
In order to ease the visualization, a logarithmic scale
is used for the angular rate (in [deg/s]) while the time
is shown in seconds.

It can be concluded that the controller is success-
ful in both situations, achieving angular rates of less
than 0.02 deg/s for the stowed scenario and less than
0.1 deg/s for the deployed one. The time needed to
detumble after launch is around 3 hours.

For the controlled attitude phase the initial con-
ditions are defined with an angular rate of 0.2 deg/s,
based on the performance of the controller of the pre-
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Fig. 7: Performance of the LQR controller.

Fig. 8: Performance of the Udwadia-Kalaba con-
troller.

vious phase. The attitude and angular rate direction
are unknown. Only the deployed structure is con-
sidered. The analysis consists in running the same
10 cases for both alternatives, LQR and Udwadia-
Kalaba (UK). These results are presented in figures 7
and 8. These figures show the temporal evolution of
the angle between the normal to the plane contain-
ing the solar array and the sun vector (i.e. pointing
error). For visualization purposes this angle is shown
on a logarithmic scale. The time is given in seconds.

The accuracy obtained with the LQR controler is
slightly better, but both controllers are able to ful-
fill the requirements of the mission. It can be seen
that the performance is similar. It is also noted that
the pointing error of the satellite is independent from
the initial condition and its evolution is periodic and
linked in frequency to the orbit.

5.2 Limitations

In this section two main limitations of the ADCS
are explained:

• Altitude limitation.

• Local underactuation.

The limitation in altitude is related to the evolution of
the magnetic field, which limit the control torque that

Fig. 9: Attainable accuracy depending on the alti-
tude. F10.7 cm flux level equal to 111 W/m2/Hz.

can be exerted, w.r.t. the rest of the disturbances
(e.g. solar radiation or drag). The analysis includes
the evolution of the pointing error for one starting
case, for altitudes between 350 and 900 km. The
results are shown in figure 9.

It can be seen that at orbits lower than 480-500
km the controllers are not able to comply to the re-
quirements of the mission. This is due to the effect
of drag. For determining this altitude it is important
to take into account that at the F10.7 cm flux level
considered (111 W/m2/Hz) the atmospheric density
is 1.3973E-12-1.0616E-12 kg/m3. At other flux lev-
els this can change. This way the altitude lower limit
could be expressed as a surface depending on the flux
level and the altitude. Regarding a higher limit in the
altitude, none is found below 900 km.

The second limitation is the constraint of orthog-
onality between the control torque and the magnetic
field. This condition means that the satellite is always
locally underactuated. This would become a problem
for orbits with low inclination where the direction of
the magnetic field does not vary enough during the
orbit.

6. Conclusions

The hardware developments are currently imple-
mented on breadboard level as shown in Figure 10.
It is envisaged to have a preliminary design review at
the beginning of 2020.

This paper proposes a ADCS concept for the
DLR’s mission GoSolAr, targeting the challenges
arising from the particularities of the satellite’s struc-
ture and ADCS. These challenges are related to the
high area-to-mass ratio and to the use of magnetor-
quers as the only actuators.

The attitude phases studied are detumbling and
controlling the orientation w.r.t. the sun. For the
first phase a b-dot controller is implemented and
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Fig. 10: GoSolAr deployment technology bread-
boards (1 m × 1 m. Top: only booms, Bottom:
Membrane deployed with booms.

tested, being able to reduce considerably the angu-
lar rate of the satellite.

For the second phase the decision was made of
spinnig the satellite around its major axis of iner-
tia in order to obtain a more stable configuration. In
this phase two algorithms are implemented, based in
LQR and in the Udwadia-Kalaba approach. Both re-
sulting controllers are able to meet the requirement
of the mission, i.e. pointing accuracy of 10 deg, and
are show qualitatively a similar behavior.

Further work proposed includes but is not limited
to:

• Introducing a realistic model of the sensors.

• Building a filter to estimate the state vector.

• Further analysis of the flexibility of the structure
and its potential interaction with the mission re-
quirements.
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7. Appendix

7.1 Satellite’s data

The GoSolAr satellite has two structural configuration: stowed (S) and deployed (D). In the deployed
configuration it consists of a central rigid body to which 4 booms are attached and a solar array fixed to the
central body and the tip of the booms (figure2). In the stowed configuration all this structure is stored inside
the central body. Table 1 contains structural properties and table 2 the mass properties of the satellite.

Property [units] Magnitude Property [units] Magnitude
Dimensions(S) [m3] 0.5x0.5x0.5 Membrane area [m2] 25

Boom length [m] 3.5355

Table 1: Geometrical data.

Property [units] Magnitude Property [units] Magnitude
Stowed mass [kg] 60.8 Membrane mass [kg] 6.2

Central part mass [kg] 53.1 Boom mass [kg] 0.38
Ixx(S) [kgm2] 3.19 Ixx(D) [kgm2] 17.3130
Iyy(S) [kgm2] 3.42 Iyy(D) [kgm2] 18.9068
Izz(S) [kgm2] 2.92 Izz(D) [kgm2] 31.7930
Ixy(S) [kgm2] 0.005 Ixy(D) [kgm2] 0.005
Ixz(S) [kgm2] -0.01 Ixz(D) [kgm2] -0.01
Iyz(S) [kgm2] -0.011 Iyz(D) [kgm2] -0.004
CoG(S) [m] [0 0 0] CoG(D) [m] [0 0 0.05]

Table 2: Mass data.

Additional properties that needs to be considered but are not related to structural and mass properties
are:

Property [units] Magnitude Property [units] Magnitude
CD (drag coefficient) [-] 1.2 Magnetic dipole module [Am2] 0.1

Spectral reflectance coefficient[-] 0.5 Diffuse reflectance coefficient [-] 0.5

Table 3: Interaction of the satellite with the environment.

7.2 Magnetorquer specifications

The properties of the magnetic torque bars are shown in table 4.

Actuator Property [units] Magnitude
Magnetorquer Max dipole [Am2] 10
Magnetorquer Time constant [s] 0.05
Magnetorquer Duty cycle [%],[s] 90%, 5

Table 4: Actuator specifications.

IAC–19–B4.6A.4 Page 14 of 14


